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2.1.5 ARGUMENT OF PERIGEE

On an elliptical orbit around Earth, the point closest to Earth is the perigee while

the farthest from Earth is the apogee. The Argument of Perigee measure of the angle

in the orbital plane, between the Ascending Node and the Perigee. Note, there is no

value for the Arguement of Perigee if the satellite is in the equatorial plane, or in a

perfectly circular orbit [17]. Based on the ISS data, Ω = 324.944◦has been assumed

in STK.

For the given parameters used previously from ISS data, we use 324.944◦as the

input parameter to STK.

Fig. 10: Argument of Perigee Illustration
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2.1.6 TRUE ANOMALY

Finally, after the size and shape of the orbit, along with the spacecraft orbital

orientation, have been specified, the true anomaly, locating the satellite on that

orbit at a specific time, is required for the simulations. True Anomaly gives the

location of the satellite within the orbit and since the satellite is constantly moving,

True Anomaly constantly changes and thus we leave the calculation to STK. True

Anomaly measures the angle between Perigee and the satellite location, measured in

the direction of the Spacecraft motion.

2.1.7 SPACECRAFT TUMBLING AND THE INERTIA TENSOR MA-

TRIX

Up to this point, our STK software has been provided with the input parameters

required to simulate the motion of a “point on the particular orbit. That enables

it to predict the motion of the center of gravity (center of mass in space), but STK

cannot determine the orientation with respect to whether the sun is shining on the

solar cells or whether the radio antennae are pointing toward a ground station. A

full STK simulation requires data related to spacecraft moments of inertia. The

Moment of Inertia Matrix, is considered to be a second order input; however leaving

the default values in STK leads to drastically different simulation results.

A simplification must first be made as we model the CubeSat in STK. This

simplification is to first model the cubesat as a cube of solid mass M and a side a

rotating about a corner. Since this mass is evenly distributed in our simplified model,

the upper left element becomes:

Ixx =

∫ a

0

dx

∫ a

0

dy

∫ a

0

dzρ̃(y2 + z2) (3)

where ρ̃ = M/a3 denotes mass density. 9 such integrals exist to denote each combi-

nation along the xyz axes, however by symmetry we see that Ixx = Iyy = Izz. The

same applies to the off-diagonal elements as well. Completing the integral we have:

Ixx = ρ̃

(∫ a

0

dx

∫ a

0

y2dy

∫ a

0

z2dz

)
=

2

3
ρ̃a5 =

2

3
Ma2 (4)

The off-diagonal elements are of the form:

Ixy = −ρ̃
∫ a

0

xdx

∫ a

0

y2dy

∫ a

0

z2dz = −1

4
ρ̃a5 = −1

4
Ma2 (5)
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Thus the moment of inertia tensor about a corner is: I =


2
3
Ma2 −1

4
Ma2 −1

4
Ma2

−1
4
Ma2 2

3
Ma2 −1

4
Ma2

−1
4
Ma2 −1

4
Ma2 2

3
Ma2


More concisely: I = −Ma2

12


8 −3 −3

−3 8 −3

−3 −3 8


If we shift the origin of the coordinate system in equations 4 and 5 to the center

of the cube, the diagonal element integrals become:

Ixx = ρ̃

(∫ a/2

−a/2
dx

∫ a/2

−a/2
y2dy

∫ a/2

−a/2
z2dz

)
= 2

2

3
ρ̃a2(a/2)3 =

1

6
Ma2 (6)

For the off-diagonals we have all odd functions thus:

Ixy = −ρ̃
∫ a

0

dx

∫ a

0

ydy

∫ a

0

dz = −1

4
ρ̃a5 = 0 (7)

Therefore, we have the Inertia Tensor Matrix:

I =
Ma2

6


1 0 0

0 1 0

0 0 1

 (8)

In order to use equation 8, we must determine next the acceleration due to gravity

at the altitude of the cubesat. We know that the acceleration due to gravity is

governed by the equation:

g =
GM

R2
(9)

Rewriting in terms of gravity due to the height above the Earth’s Surface we have:

gh = g
GM

(R + h)2
R2

GM

Proceeding with cancellations we arrive at Equation 10:

gh = g
1

(1 + h/R)2
(10)

Where gh is the well-known acceleration due to gravity at Earth’s Surface, h is the

height above the Earth’s Surface(in the case of the Cubesat we use 400 km for LEO),

and R is the radius of the Earth - roughly 6371 km. Proceeding with our parameters

we ascertain that the acceleration at the beginning of the mission is approximately
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8.676m/s2. Using this result, we use Equation 8 to complete the Inertia Tensor

Matrix Calculation with an intrinsic spacecraft mass of 1.169 kg, yielding a result of

14.6667kg/m2.

2.1.8 SUMMARY OF STK INPUT PARAMETERS

Given the analysis and assumptions of the preceding section, we are ready to

simulate our mission. A table of the relevant parameters is shown to summarize the

STK inputs.

TABLE III: Summary of STK Simulation Parameters

STK Parameter Input

Orbit Propagator Two Body

Semi-Major Axis 6771 km

Eccentricity 0.000386

Inclination 51.64◦

Argument of Perigee 324.944◦

RAAN 1.0083◦

True Anomaly (STK Calculated) 3.43E-10◦

Mass 1.169 kg

Inertia Matrix input 14.667 kg m2

Earth Albedo 0.34

Material Emissivity 0.77

Material Absorptivity 0.14

Cross Sectional-Area 36 cm2

Shape Model Cubesat + Plate

Emissivity and Absoptivity were cited from datasheet specifications for Anodized

Aluminum for the Aeternitas Chassis.

2.2 ORBITAL LIFETIME

From the inputs summarized in section 2.1.8 we are now confident in the simu-

lation data to provide accurate results for our specification requirements [4]. STK

simulates the orbital lifetime of the Aeternitas Satellite to be estimated at 3.0 to
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3.2 years using the High-Precision Orbit Propagator (HPOP) and the Two Body

Propogator respectively. An additional model of the satellite as a crude plate was

also used as a measure of how much better the HPOP and two-body propagators

improve the analysis over a rough approximation. The most crude model used, mod-

eling the cube as a plate of mass 1.169 kg, yields a total orbital lifetime of about 3.9

years. Given the calculations were done correctly and the assumptions we made were

reasonable, we ascertain that the orbital lifetime for Aeternitas is nearly a full year

shorter than the other two satellites in the VCC constellation. The other satellites

launched by Virginia Tech and University of Virginia, both do not have the deploy-

able drag brake mechanism that Aeternitas has and thus our approximation of the

orbital lifetimes makes sense when compared to the data of the other two spacecraft.

The output data from each of the three simulations is given in tables.

The three orbital models used were the High-Precision Orbit Propagator (HPOP),

a simple two-body propagator, and the crudest model, a plate. Using the same input

parameters for Aeternitas and only leaving the total drag area as the variable of

concern, we are able to show a comparative analysis for Aeternitas vs the other VCC

Satellites Lifetimes based on the exposed drag area based on the mechanical design.

The total area added to the Aeternitas design versus the VCC constellation is 36

cm2 vs 10 cm2 as each of the four drag break petals at maximum adds an additonal

6.5 cm2 per petal plus the maximum exposed area of the cubesat of 10 cm2.

“HPOP uses numerical integration of the differential equations of motions to

generate ephemeris” as well as other modeling effects such as a full gravitational

field model (based upon spherical harmonics), third-body gravity, atmospheric drag

and solar radiation pressure [16]. As such, of the three models used in our simulation

results, the HPOP is considered to be the most accurate.

TABLE IV: Aeternitas Orbital Lifetime Simulation Results 3 Initial Models

Model Orbits Years Lifetime Mission End Date

HPOP 17201 3 4/13/2022 0:22

2-Body 18352 3.2 6/26/2022 17:32

Plate 22366 3.9 2/5/2023 8:02
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Fig. 11: Drag Brake Mock Up During Satellite Assembly Which Accounts for the

extra 26 cm2 of Exposed Drag Area vs The Other Two VCC Satellites

TABLE V: VCC Orbital Lifetime Simulation Results for 2 Most Accurate Models

Model Orbits Years Lifetime Mission End Date

HPOP 31780 5.5 10/25/2024 1:28

2-Body 33930 5.9 3/13/2025 18:26
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Fig. 12: CubeSat CAD model with Solar Panel Characteristics and Drag Brake Area

Added


